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RESEARCH MEMORANDUM 

A METHOD FOR ESTIMATING THE ROLLING MOMENTS CAUSED 
BY WING-TAIL INTERFERENCE FOR MISSILES 
AT SUPERSONIC SPEEDS 
By Sherman Edwards and Katsumi Hikido 

SUMMARY 


A method is presented for estimating the rolling moments caused by 
wing-tail interference for missiles composed of wing-tail-body combi- 
nations. The considerations involved in estimating the structure of the 
downwash field behind lifting cruciform wing-body combinations and in 
estimating the induced rolling moments on cruciform tail surfaces trail- 
ing in this downwash field are discussed in detail. Estimates of the 
induced rolling moments for several missile configurations are shown to 
compare reasonably with the experimental results. 


INTRODUCTION 


Interference phenomena can exert a strong influence on the aero- 
dynamic characteristics of missiles; consequently, the accuracy of 
estimates of stability and control parameters is a direct function of 
the precision with which these interference phenomena can be computed. 
Missile interference problems, in general, can be divided into three 
categories: wing -wing, wing -body, and wing-tail interference. The 
wing-wing and wing-body types of interference have been the subject of 
a number of theoretical and experimental investigations (refs. 1 
through 10) and are relatively well understood. In contrast, an under- 
standing of the mechanism of wing-tail interference, until very recently, 
has been lacking, and, as a result, the search for missile configurations 
having desirable stability and control characteristics has been handi- 
capped . 

An attempt was made in reference 10 to compute wing-tail interfer- 
ence effects and the resulting longitudinal stability characteristics 
of an air-to-air missile having a cruciform wing and tail. This 
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analysis indicated that the pitching moments of missiles having lifting 
surfaces arranged in tandem were amenable to calculation. The results 
encouraged the extension of these methods to the study of tail rolling 
moments resulting from wing-tail interference . At least three con- 
ditions can be enumerated in which such rolling moments occur for 
missiles composed of tandem arrangements of cruciform wings. 

1. When all surfaces of the wing are fixed at zero incidence and 

the airframe is at combined angles of attack and bank. 

2. When the forward wing surfaces are differentially deflected. 

3. When a variable -incidence -wing missile is at an angle of 

attack (at zero bank angle) and the missile receives a 
signal which results in large deflections of the forward 
vertical wing panels. 

The extension of the methods of reference 10 has been aimed at 
estimating the effect of the third condition; however, the method 
should apply equally well to the other cases. It is the purpose of 
this report to present the method and to apply it to several missile 
configurations for which experimental results are available. 


NOTATION 


a 


body radius, ft 


c r 




on 


C La 


root chord, ft 

rolling -moment coefficient on the trailing wing (tail) of a 
tandem wing missile (positive for clockwise as viewed 
upstream) , tolling moment 
qSt2st 

normal-force coefficient (based upon # the exposed area of one 
\ normal force on one wing panel 
wing panel), q s w 

lift -curve slope, per radian 


d body diameter, ft 

e distance from body center line to an image vortex inside 

the body, ft 

f distance from body center line to a vortex external o the 

body, ft 
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hcF 

h 

k 

K 

H 



^CF 


<lo 

r 

R 


s ' 


s t 

St 


Sw 


magnitude of the deflection of a streamline caused by the 
induced crossflow about the body, ft 

magnitude of the deflection of a streamline induced by an 
infinite line vortex, ft 

Qptt 

crossflow velocity ratio, — — 

V Q sin a 

number of incremental distances in the graphical construction 

distance from the trailing edge of a wing to a point in the 
stream behind the wing at which the structure of the 
downwash field is desired, ft 

rolling moment (positive for clockwise moments as viewed 
upstream) , lb ft 

strip loading per unit angle of attack, e , in terms of the 
dynamic pressure 

Mach number 

velocity at any point induced by an infinite line vortex, 

— — , ft/sec 
2nr 

magnitude of the induced velocity caused by the crossflow 
about the body, kV Q sin a, ft/ sec 

dynamic pressure, — P 0 ^o 2 ; lb/sq ft 

2 

radial distance from the center of a vortex, ft 

roll-influence function 

distance from the body center line to the center of gravity 
of the vortex sheet discharged from a wing panel, ft 

semispan of the trailing wing of a tandem wing missile, ft 

gross area in one plane of the trailing wing (including the 
area within the body obtained by extending trailing and 
leading edges of the wing to the body center line), sq ft 

exposed area of one forward wing panel, sq ft 


k 
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t 


time, sec 


V 0 free-stream velocity, ft/sec 

(v,w) sidewash and upvash velocities (positive in the positive 

directions of y' and z' axes, respectively, see fig. l) , 
ft/sec 

X complex coordinate (y + iz), dimensionless 

(x',y',z') Cartesian coordinate system with positive direction of x' 
downstream along the tody center line, the x' , z’ plane 
vertical, and y’ measured positively to the right 
looking upstream (tody axes), ft 


(x,y,z) Cartesian coordinate system in terms of s^ 

(yi, Zl ) coordinates of an infinite line vortex with respect to a 

cruciform wing in terms of the semi span, s-^ 


a 

P 

r 


G v 

€ h 


P o 
a 

$ 

<P 

cp» 


angle of attack, radians unless specified 

J Mo 2 - 1 

Circulation (positive for clockwise circulation of trailing 
vortex as viewed upstream), ft 2 /sec 

sidewash angle, — , radians 
Vo 

V 

downwash angle, — — , radians 

v o 

stream mass density, slugs/cu ft 

complex coordinate in the transformed plane (t + iv) 
complex potential in the a plane 
velocity potential in the a plane 
velocity potential in the X plane 


METHOD OF ANALYSIS 


In the course of the investigation, it was found that the analysis 
could be divided into two main phases: first, the problem of estimating 
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the induced flow field behind a lifting cruciform wing -body combination 
and, second, the problem of calculating the rolling moment induced on a 
cruciform wing in this nonuniform flow. 


INDUCED FLOW BEHIND LOW -ASPECT -RATIO CRUCIFORM 
WING-BODY COMBINATIONS 


Treatment of wing-tail interference effects depends in a large 
measure on an understanding of the manner in which vorticity is 
discharged from cruciform wings in combination with a body and upon an 
adequate representation of the resulting induced flow downstream. The 
complex nature of the real vortex sheets, however, precludes an exact 
representation in any practical computation procedure and indicates that 
a simplified model should be chosen. 

The model selected for the present study is illustrated in figure 1, 
which shows a typical cruciform wing-body combination with the simplified 
model of the vortex system. This model is similar to that used in refer- 
ence 10 to compute the effects of wing-tail interference upon missile 
pitching moments. In this model the vorticity discharged from each 
panel of the combination is considered to be completely rolled up into 
a discrete vortex immediately behind the trailing edge of each panel. 

In accordance with this assumption, each wing panel in figure 1 is 
replaced by a bound vortex and two trailing line vortices, one near the 
tip of the wing at the center of gravity of the vortex sheet discharged 
from the panel, the other within the body at a point corresponding to 
the image position of the external vortex. 

In order to use this vortex model to calculate the induced flow 
downstream of the wing, one must estimate: 

1. The strength and origin of the vorticity at the wing trailing 

edge. 

2. The paths of the vortices as they trail downstream. 

The procedures and assumptions involved in each of these steps are 
summarized in the following sections. 


Vortex Strength and Origin 


At present, the discharge of vorticity from cruciform wing -body 
combinations at supersonic speeds is not clearly understood, particu- 
larly with regard to the effects of large angles of attack and angles 
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of sideslip. It is not the purpose of this discussion to dwell upon 
this problem but to present a simplified vortex model which, although 
it disregards some recognized phenomena (see ref. 11) > appears o 
provide a reasonable basis for computations. 

For certain wing plan forms, the span loading of the wing is 
insensitive to sideslip, and a simple, direct relationship between 
span loading and circulation can be used. The application of this 
simple relationship to low-aspect -ratio triangular wings for which the 
span loading varies with angle of sideslip, however, is the subject of 
controversy. A study of linear theory indicates its use to be incor- 
rect since linear theory, while predicting an asymmetry of lading, 
indicates that, for small angles of sideslip, the spanwise distribution 

of circulation remains symmetric. The 1 ’ elation , be ^ veen ^ irC ^ 1 °^ eS 
distribution and span loading, valid at zero sideslip, therefore, does 
not hold for wings in sideslip. A study of the experimental evidence, 
references 10 and 12, on the other hand, and of rough bbe ° ret ^ b 
approximations for large angles of sideslip indicates that a simple, 
direct relation between load and circulation gives a reasonable 
approximation of the correct vortex strength for cruciform wing-body 
combinations at supersonic speed. In the present instance, the simple 
relationship applied to all wings to determine the strength of the 
vortex filaments is as follows: 1 


Tn 


^Nn v oSw 
2[ s' - ( a 2 /s ' ) 3 


( 1 ) 


Th P denominator of this equation is determined from the position of the 
vortex center of gravity which is estimated by replacing the spanwise 
ISd SisSibutio/on a panel by an equivalent rectangular loading. 

This estimation is based on the meager data available (refs. 11 
through 14) . 

The reader should note that in the analysis, body crossflow 
vortices (refs. 15 and l6) are not treated. 


X 3lyn22ally n i2.epe2e2 a t.i^2ing^22r2rence disre^rded2 This 

wing is influenced appreciably by sideslip angle. - P 

discussed further on page 23. 
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Vortex Paths Downstream of Simplified Model 


Unfortunately, simple equations which define uniquely the paths of 
the vortices downstream of the simplified model previously discussed 
cannot he written (ref. 17)* The methods which are available for 
determining the vortex motions are rather tedious inasmuch as they 
involve numerical procedures for computing the effects of mutual inter- 
ference between the vortices and the effect of the flow about the body. 
As a step toward reducing the labor required in evaluating these effects, 
a graphical computing procedure is presented. 

With the assumption that the bound vortices within the wing are 
unimportant in determining the structure of the induced flow field 
downstream (ref. l8), the simplified model (fig. l) consists of eight 
infinite line vortices. Four of the vortices are situated outside an 
infinite circular cylinder representing the body and are free to move 
along the streamlines downstream of the wing trailing edge; the other 
four vortices are inside the cylinder at the image points determined 
from the positions of the external vortices. At each station along the 
missile body, the rotational axes of all vortices are considered to be 
parallel to the body center line. The complicated three-dimensional 
flow about a cruciform wing-body combination reduces, then, to a two- 
dimensional flow in planes normal to the center line of the body. The 
paths of the streamlines downstream of the wing, therefore, can be 
approximated by examining the flow in successive crossflow planes and 
by determining the deflections of the streamlines between each of these 
planes. To accomplish this objective, the tail length (Z-^) is divided 
into an arbitrary number of equal increments, say K increments. The 
time required for the stream to traverse one increment is, then 

t It 

" KV 0 

In this time interval^ deflections of the streamlines and corresponding 
changes in the spatial relationship between the rotational axes of the 
eight vortices of the simplified model, both with respect to the body 
and with respect to each other, occur because of: 

1. The presence of the body* 

2. The mutual interaction between the four external and four 

image vortices representing the simplified model of the 
lifting wing-body combination. 

Expressions for obtaining each of these deflections are presented in 
the following paragraphs. 


( 2 ) 
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If it is assumed that the crossflow about the body can be repre- 
sented by a two-dimensional flow about an infinite circular cylinder, 
then the deflection in the time interval t (of the streamline which 
intersects a particular crossflow plane at any given point) caused by 
the body is 


hcF _ OCF H _ k 

"cT d KV 0 



( 3 ) 


where k is given by 


k = 



2(z 2 - y 2 ) - 1 
(z 2 + y 2 ) 2 


The constant k is simply the ratio of the fluid velocity at any 
in the two-dimensional flow about a circular cylinder to the undisturbed 
velocity at infinity (V Q sin a). Values of k are between 0 and 2. 


The presence of an infinite line vortex with its axis of rotation 
normal to this crossflow plane causes the streamline being considered 
to be deflected a distance given by 


A - s A = 

d d KV 0 





where 



The terms in the parameter B are obtained by substituting for te 
vortex strength T and time interval t from equations ( 1) and 12), 
respectively. As a further consideration regarding the induced effects 
of vortices in the flow field, the relationship between a vortex and 
its image inside a cylinder is a constraint which somewhat simplifies 
the graphical procedure. This condition is expressed by 

= ± ( 5 ) 

d d 4 


Equations ( 3 ) through ( 5 ) form the basis for the graphical con- 
structions and are incorporated into the charts shown in figure 
order to improve the accuracy of the graphical computations, tabulated 
values of the parameters necessary to draw these charts to a large"’ 
scale are given in tables I and II. These charts are designed to be 
used as underlays in the graphical procedure, the details of which are 

discussed in Appendix A. 
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ROLLING MOMENT ON CRUCIFORM WINGS INDUCED 
BY AN INFINITE LINE VORTEX 


In the previous section, a graphical procedure was presented for 
tracing the paths of vortices shed from the forward lifting surfaces of 
a tandem-wing missile downstream to the vicinity of the trailing wing. 

The induced flow in this region is assumed, then, to be that caused by 
a number of discrete vortices with a specified spatial orientation and 
strength. The problem of computing the rolling moment on a wing 
immersed in this flow field can be resolved by solving first the general 
problem involving one vortex with its rotational axis parallel to the 
root chord of the wing. The rolling moment caused by more than one 
vortex, then, is determined by adding the contribution of each individual 
vortex. Theoretical considerations involved in the solution of this 
phase of the problem are divided in the following sections, according 
to the relationship between the sweep of the Mach lines and the sweep of 
the wings as follows: 

1. Wings with supersonic leading edges. 

2. Triangular wings with subsonic leading edges. 

3. Slender triangular wings lying near the center of the Mach cone. 


Wings With Supersonic Leading Edges 

Pertinent geometric relationships involved in solving for the 
rolling moment induced by an infinite line vortex on cruciform wings in 
this category are shown in figure 3« The rolling -moment coefficient 
will be expressed in terms of the area, S-^, and the maximum span, 2s-^, 
of the wing in one plane of the cruciform and will be related to the 
nondimensional aerodynamic and geometric parameters obtained previously 
in the development of the simplified model. Viewed from the rear, 
clockwise rotation of the flow due to a vortex and clockwise rolling 
moments are considered positive. 

Determination of the local induced flow angle perpendicular to the 
planar components of the cruciform wing .- With reference to the geometric 
relationships given in figure 3> the velocity at any point in the flow 
field about the vortex is, 

r 
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from which it may he determined that the local induced-flow angles 
the horizontal and vertical planes are, 

e w r (y-y x ) 

h ' V Q 2nV 0 s t (y-yi ) 2 + Zi 2 

and 

e v r (z-zi) 

V Q 2nV 0 s t (zi-z) 2 + yi 2 

Rolling moment on the wing.- A number of methods are available for 
determining the loads on lifting surfaces in nonuniform flow fields 
(see Appendix of ref. 10). The approach based upon reversed-flow 
relations is particularly useful from the standpoint of general appli- 
cability and, in many cases, reduced complexity of the computations. 

A discussion of these reciprocity relations as applied to aerodynamic 
problems including a list of references on the subject is contained in 
reference 19. Reversed-flow theorems are utilized in the present 
analysis wherever their application results in simplification of the 
computations . 

In order to find the rolling moment on a cruciform wing situated 
in the nonuniform flow given by equations (6) and (7), it is necessary 
to determine the appropriate roll -influence function for the wing, 
which is equivalent to finding the span loading on the wing rolling at 
the rate of one radian per second in reversed flow (ref. 20). The roll- 
influence function depends directly upon the wing plan form and Mach 
number. In this section, the roll-influence functions for rectangular 
wings (of high aspect ratio) and triangular wings of cruciform arrange- 
ment will be determined; a family of wings whose roll-influence functions 
fall between those of high -aspect -ratio rectangular wings and triangular 
wings also will be discussed. It is believed that by suitable interpo- 
lation between the results for these cases, estimations of the rolling 
moment induced by an infinite line vortex on a large class of wings 
with supersonic leading edges can be made. 

If tip effects for the rectangular wing are disregarded, the roll- 
influence function (or the spanwise loading on the rolling wing) 
obtained either by means of strip theory or by the use of the reversed- 
flow theorem, is a linear function of the span variable and is given by 



From a consideration of reverse-flow principles, it can be shown that 
the roll-influence function for triangular wings (horizontal components) 
wp-th. supersonic edges is a parabolic function of the span variable given 
by the equation 


(6) 

(7) 
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R(y) - (d) 


y = - — (i - |y|) y 


0 st 


(9) 


These results may he combined in the form of the following more general 
equation: 


which is plotted in figure 4 for various values of m. Note that for 
values of y less than 1, equation (10) reduces to equation (8) as 
m becomes infinite. For this case, the function is discontinuous 
when y equals 1. When m equals 1, equation (lO) is identical to 
equation (9) • When the exponent m takes various values between 
1 and o« # roll-influence functions between those for the high-aspect- 
ratio rectangular wing and the triangular wing are obtained. 

If it is assumed that the interference between the horizontal and 
vertical components of a cruciform wing with supersonic edges can be 
disregarded, the roll-influence function for the vertical wing component 
R m (z) (see fig. 3) is identical to that of the horizontal wing components 
with the substitution of z for the y variable. The interference 
between the two planar components of the cruciform wing is confined to 
the region within the Mach cone originating at the point of intersection 
of the leading edges of the wing components. As the area of the wing 
within this Mach cone decreases relative to the total wing area, the 
assumption that the two components of the cruciform wing do not inter- 
fere improves. Such a condition occurs with increasing aspect ratio 
and/or Mach number. The rolling moment on the wing, then, induced by 
the nonuniform downwash field described by equations (6) and (7) is, in 
coefficient form. 


Upon substitution for the induced-flow-angle expressions and roll- 
influence function from equations (6), (7), and (lO), this equation 



( 10 ) 



/ Rm (y) e h dy + / Rm 


-1 


1 


(z) e v dz 


becomes 



(id 


where 


w = f 1 ( 1 -lyl m )(y - yi) y dy 
m ' -i (y - y x ) 2 + zi 2 



- 1 (l - |z| m )(z - z x )z dz 
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The integrals in the parameter F m have been computed for values 
of the exponent m of infinity (corresponding to the rectangular wing 
of high aspect ratio) , four* two, and one (corresponding to the tri- 
angular wing with supersonic edges) . The results are presented in 
figure 5* The curves on these charts are the loci of vortex positions 
with respect to the cruciform wing for which the rolling moment induced 
by a vortex of given strength is constant. These curves were obtained 
by cross-plotting the integral values of F m for various positions of 
a line vortex given by the coordinates yi, z±. The charts are drawn 
only for vortex positions in the first quadrant of the coordinate system 
shown in figure 3. Since conditions of symmetry exist, however, the 
entire field may be completed by simple reflection. The sign of the 
parameter, F m , is in accordance with the sign convention adopted 
previously; that is, induced flow about the vortex in a clockwise 
manner, when viewed from the rear, is considered positive. For counter- 
clockwise vortex rotation, the sign of the parameter as determined from 
figure 5 is simply reversed. It is interesting to note the similarity 
between the charts for various values of the exponent m and also the 
existence, in each case, of vortex positions for which the rolling 
moment on the wing is zero regardless of the vortex strength (F m = 0) . 

Rolling moment on the trailing cruciform wing in relation to the 
simplified model.- The expression for the rolling -moment coefficient 
given in equation (ll) can be relaxed to the simplified jnodel described 
previously through the medium of the vortex strengths ^ which are 
preserved in the flow downstream from the forward wing. From equa- 
tion (l), the vortex strength for the simplified model was 

c N n V o s w 

n 2[ s' - (a 2 /s* ) ) 

If the normal-force coefficient C Nn in this expression is based now 
upon the gross area S t of the trailing wing in one plane of the cruci- 
form and the lifting-line length s' - a 2 /s' is measured in terms of 
the semi span of the trailing wing s t , then 

p = G V ° _ S t (12) 

2 st 


where. 



st 

s' - (a 2 /s' ) 


(13) 


Upon substitution of f from equation (12) into equation (ll), the 
rolling-moment coefficient becomes 


'H 


2 rtp st 


L m 


( 1*0 
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where G is defined by equation (l3) and F m is determined from the 
charts in figure 5« 

For rectangular wings of high aspect ratio and triangular wings 
with supersonic edges, of course, the values of F m are taken from 
figures 5(a) and 5(d.) > respectively* An analysis of the rolling moment 
induced by a vortex on cruciform wings of other plan forms in this 
category would require a reconsideration of equation (l4) for each 
change in the parameters which determine the roll -influence function, 
namely, plan form and Mach number. Obviously, such a procedure could 
become very involved. It is believed that by comparison of the computed 
roll-influence function for the wing being considered (or the span load- 
ing on the rolling wing in reversed flow) with the roll-influence functions 
plotted in figure 4, estimation of an approximate value of the exponent 
m from this comparison, then interpolation between the charts of 
figure 5, the induced rolling -moment characteristics of a large class of 
wings in this category can be estimated. For design purposes, it is 
probably sufficient to bracket the rolling moments by over and under 
approximations, and determine Fm from two of the charts presented in 
figure 5 without recourse to interpolation. In some cases, of course, 
the roll-influence function for a wing is not approximated with suffi- 
cient accuracy by any of the curves of figure 4 or by any combination 
of these influence functions. In order to compute the rolling moment 
for wings of this tyne, it will be necessary to construct a chart 
similar to those of figure 5j based upon the roll -influence function 
for the particular wing being considered; or, if values of the rolling 
moment are required for only a few critical maneuvering conditions of 
flight, these moments can be obtained by evaluating the appropriate 
integrals . 


Triangular Wings With Subsonic Leading Edges 


The rolling moments induced by an infinite line vortex on cruciform 
wings of triangular plan form with the leading edges of the wing swept 
behind the Mach cone will be considered in this section. With reference 
to the geometric relations shown in figure 3, the distributions of down- 
wash and sidewash on the horizontal and vertical components of the wing 
are given again by equations (6) and (7)> respectively. Again, in this 
case, it will be assumed that interaction between the horizontal and 
vertical components of the wing is negligible; therefore, each component 
can be treated as an independent planar wing system. This assumption 
is probably satisfactory provided the leading edges of the wing are not 
swept far behind the Mach cone, in which case interaction between the 
wing components assumes a more predominant role. This case will be 
treated in the following section. 
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The spanwise distribution of the lift on a planar triangular wing 
with subsonic edges is known to be elliptical and can be expressed as 

JL. JTTf 

«o e St 2 « 

where all of the quantities involved have been defined previously except 
which is the li£t-curve slope (per radian) of the trailing wing as 

determined from reference 21. From the application of strip theory 
based upon considerations of reversed-flow principles, the roll-influence 
function for a planar triangular wing (horizontal component of cruciform) 
is assumed to he given in approximate form "by 

EA(y) ■ (5?) y = -S 21 ^ y (15) 

The roll-influence function for the vertical wing component R^(z) is 
identical to equation (15) with z substituted for the y variable. 

The rolling moment on the complete cruciform wing induced by the non- 
uniform downwash described by equations (6) and (7) is, then, in 
coefficient form 


C U - 


s t 

2S t 


l 1 

/ RA(y) € h dy + / r a(z) e v <*y 

-1 "I 


Upon substitution for the induced-flow-angle relations and the roll- 
influence function from equations (6), (7)> and (15 ), this equation 
becomes p ~ 

d at 

C *t = .2 V S + ^ 

v o s t 


where 


F A 2 


^ J 1-y 2 ( y - yi )y dy + ( z ~ 2l)z dz 


{7-Yj) 2 + z i £ 


(zx-z) 2 + yx 2 


If the value for T is substituted in the foregoing expression from 
equation (12), the final form of the rolling-moment coefficient becomes 


G C]^. s t 


C 2it 2 St 2 


f A 


(16) 


The integrals in the parameter Fa . have been computed and the 
results are given in the chart presented in figure 6. This chart is 
similar to those of figure 5 and is designed to be used in the same manner. 
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Triangular Wings With Leading Edges Swept Well 
Behind The Mach Cone 


In the calculation of the rolling moments induced by an infinite 
line vortex upon a cruciform wing of triangular plan form with the lead- 
ing edges of the wing swept well behind the Mach cone, it is not permis- 
sible, in general, to neglect the effects of interference between the 
components of the wing. Reversed-f low principles may be applied to this 
problem; however, difficulties are encountered in this case because of 
the fact that the proper roll-influence function to be used in the 
computations is not obvious. Elow-reversal principles prescribe this 
function to be the spanwise load distribution for the rolling cruciform 
wing in reversed flow, for which the solution is unknown. Furthermore, 
if slenderness approximations are made and it is assumed that the span- 
wise load distribution for a slender, rolling cruciform wing is that 
given in reference 2 for either the apex forward or apex rearward wing, 
the solution is not obtained in closed form. It is necessary, therefore, 
to consider a more fundamental approach to the problem. 

The solution of this problem based on classical hydrodynamical 
principles is discussed in Appendix B where the rolling -moment coef- 
ficient induced by an infinite line vortex on a slender cruciform wing 
is found to be 

C U ” J Fb (17) 

In equation (l7)> G is defined by equation (13) and Fg can be obtained 
from the chart in figure 7* This chart also is designed to be used in 
the same manner as those in figures 5 and 6. 


APPLICATION OF METHOD AND COMPARISON WITH EXPERIMENTAL RESULTS 


In the previous sections methods were proposed for estimating the 
structure of the downwash field behind lifting wing-body combinations 
and for determining the rolling moment on a cruciform wing induced by 
one or more infinite line vortices. By making use of these procedures, 
it should be possible to estimate the induced-roll characteristics of a 
missile. In this section this hypothesis will be investigated by com- 
paring experimentally determined rolling moments caused by wing-tail 
interference with analytical computations for several missiles which 
differ in design and for which wing-tail interference effects are impor- 
tant. In each case the experimental rolling moments which are presented 
are caused only by wing-tail interference and, in most cases, were 
obtained by measuring the difference in the rolling moment on a particu- 
lar configuration with the trailing wing in place and then removed. 
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MISSILE A 


Experimental data on the induced-rolling -moment characteristics of 
missile A at 1.4 Mach number were obtained from tests conducted in the 
Ames 6- by 6-foot supersonic wind tunnel. Pertinent information regard- 
ing the apparatus, model, and general procedure for testing the model in 
this facility can be found in reference 10. Missile A (with the tail in 
the aft position) differs from the model considered in reference 10 only 
in that the forward wing panels are reversed about the hinge line. In 
figure 8, experimentally determined rolling -moment coefficients con- 
tributed by the trailing cruciform wing on this model are shown and are 
compared with computations based upon the theoretical considerations 
previously presented. The model conditions for which these rolling 
moments were measured are shown in the sketches included in the figure. 

For this model, the leading edges of the trailing wing are sonic 
at 1.4 Mach number (at least for small angles of attack) j therefore, the 
rolling moment contributed by the trailing wing was computed from equa- 
tion (l4) with m equal to unity. The vortices in the simplified vortex 
model (see fig. l) were assumed to originate at the wing trailing edges 
at 0.5 of the exposed span of each panel (see fig. 9). The vortex 
strengths were computed from equation (l) by calculating the load on 
each panel of the cruciform by use of linearized theory with appropriate 
corrections for wing-body interference obtained from slender-body theory. 
The effects of sideslip angle upon the vertical wing component were 
disregarded in these computations ; consequently, the vortices from 
opposing panels of the wing are of equal strength. The paths of the 
vortices discharged from the forward wing at 12 angle of attack are 
shown in figure 9. Similar graphical constructions were completed at 
4°, 8°, 16 °, and 20° angles of attack, and, in figure 10, the location 
of the vortex cores in the crossflow plane at the center of pressure of 
the trailing wing (aft position) and portion of the body in combination 
with this wing are shown for these angles of attack. A few of the lines 
of constant-rolling -moment parameter (Fx in eq. (l4)) taken from 
figure 5(^0 also are shown in this figure. 

In the analysis previously presented for the induced rolling moment 
on cruciform wings caused by an infinite line vortex, the presence of a 
body in combination with the wing was not considered. However, ahead of 
the trailing wing, the effect of the presence of the body was included 
in estimating the vortex paths, the boundary conditions imposed by the 
body being satisfied by placing vortex images within the body. At the 
trailing-wing location, the boundary conditions for the body cannot be 
handled in such a simple manner. It can be reasoned, however, that if 
the computations are carried out for the trailing wing (extended to the 
body center line), the additional considerations required to account for 
the body are relatively insignificant. In the case of the slender 


MCA RM A 53 H 18 


17 


wing-body combination this question may be examined more rigorously by 
including the body effect. The procedure outlined in Appendix B for 
the cruciform, slender wing was repeated for the wing -body case. The 
resulting expressions were found to be very difficult to evaluate, and, 
therefore, the results are not included in the method presented in this 
paper; however, the analysis indicated that the body effect is small 
provided the body diameter is less than about 0.3 2 of the wing span. 

It is suggested that for cases where the body diameter is significantly 
greater than 0.3 of the wing span that a partial correction for the effect 
of the body may be obtained by considering that the portion of the wing 
enclosed by the body is ineffective in producing rolling moments. This 
consideration simply alters the limits of integration in the rolling- 
moment parameter F (see eqs. (it-), (l6), and (17) ) . 

For all cases in the examples presented herein, the body diameter 
of the missiles considered is less than 0.3 of the span of the trailing 
wing; therefore, the effect of the body is disregarded. 

For missile A, then, the rolling -moment parameter F x is evaluated 
from figure 5(d) at each angle of attack for each of the four vortices 
external to the body shown in figure 10 (the direction of rotation 
determines the sign of the parameter Fj.), and the rolling moment (in 
coefficient form) contributed by each is computed from equation (l 4 ). 

The total rolling moment on the trailing wing then can be determined 
by the algebraic addition of the contributions of each of the individual 
vortices. The results presented in figure 8 show that, except for the 
interdigitated tail in the aft position, the analytical computations for 
this missile, for the most part, are in good agreement with the rolling 
moments obtained experimentally. The discrepancy between theory and 
experiment for the tail in the aft position (see fig. 8(b) at angles of 
attack between about 10° and l8°) can be attributed to two causes: 

1. The chart in figure 5 (d) is drawn for an ideal vortex, whereas 
in a real fluid, of course, viscosity prescribes that the core velocities 
be finite. It is believed, therefore, that values of the rolling -moment 
parameters on this chart obtained for vortex positions coinciding with 
either of the cruciform-wing components are in error. For the inter- 
digitated configuration under consideration, the vortex discharged from 
the right horizontal panel of the forward wing passes through the upper 
right-hand panel of the trailing wing (see fig. 10) in the angle-of- 
attack range at which the discrepancy between theory and experiment 
occurs in figure 8(b). 

2 . From an examination of the charts in figures 5 > 6, and 7 > it is 
noted that there is a concentration of lines of constant rolling moment 

2 This value is probably a reasonable guide also for cruciform wing-body 
combinations which are not slender. 


18 


NACA RM A53H18 


for vortex positions near a wing component (at about 0.7 of the maximum 
span of the component). It is evident, then, that a small error in 
estimating the position of a strong vortex in this region -can have a 
large effect upon the contribution of this vortex to the rolling moment. 
In figure 10 the strong vortex discharged from the right horizontal 
panel of the forward wing at about 13 l “ > angle of attack intersects the 
upper right-hand panel of the trailing wing at about 0.7 of the span of 
the panel. Since the position and strength of this vortex are only- 
estimated, the relatively poor agreement between theory and experiment 
at angles of attack near 13° is believed to be caused by the proximity 
of this strong vortex to this critical region of the trailing wing. 


MISSILE B 


Experimental data on the induced-rolling-moment characteristics of 
missile B at 1.7 Mach number were obtained from reference 22, wherein 
information regarding the model, apparatus, and procedure for testing 
the model in the Ames 6- by 6-foot supersonic wind tunnel also may be 
found. Experimental values of the rolling moment contributed by the 
cruciform trailing wing situated in the nonuniform downwash field of 
the forward control surfaces are presented in figure 11. These values 
were obtained from the results contained in figure 9(a) of reference 22 
for the conditions at which the vertical components of the forward 
control surfaces were deflected 0° and 15*^ • Rolling -moment data were 
not available for this model with the trailing wing removed; therefore, 
the values presented in figure 11 represent not only the wing-tail- 
interference rolling moments, but also those contributed by the forward 
control surfaces directly. However, computations, based on the linear- 
ized theory of reference 23, indicated that the order of magnitude of 
these rolling moments (contributed by the forward control surfaces) 
probably would be within the accuracy of the measurements involved in 
obtaining the experimental values. For this reason, the rolling moments 
presented in figure 11 are considered to be caused entirely by wing-tail 
interference . 

The analytical computations (shown in fig. 11) of these induced 
rolling moments were made from equation (ik) by evaluating F m in this 
equation from two of the charts in figure 5- Two computations were made 
because, as will be shown subsequently, the form of the roll -influence 
function for the trailing wing is not approximated with sufficient 
accuracy through the angle -of -attack range by any of the roll -influence 
functions for which the charts in figure 5 were prepared. 

To determine F m , the forward control fins and the body, again, 
were replaced by the simplified vortex model. The strengths of the 
vortices were estimated from equation (l) by computing first the lift 
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on each of the forward control panels as a function of the angle of 
attack. The lift on the horizontal components was obtained by using 
the slender-body theory (as applied to rectangular wing -body combina- 
tions in ref. 4) in conjunction with the lift-curve slope of the iso- 
lated horizontal wing obtained from linearized theory. It is shown in 
reference 4 that wing-body interference factors based on slender-body 
theory may be applied to wings of rectangular plan form, provided the 
aspect ratio of the wing is not large. The lift (or side force) on the 
vertical-control-surface components was obtained in a similar manner by 
determining the wing-body interference from slender-body theory as 
applied (in ref. 24) to rectangular wings deflected with respect to a 
cylindrical body. 

The vortex paths downstream of the forward control surfaces at 12° 
angle of attack are shown in figure 12 . Similar graphical constructions 
were completed at angles of attack of 4°, 6°, 8°, and 16°. In figure 13, 
the location of the vortex cores with respect to the trailing wing is 
shown for these angles of attack. A few of the lines of constant- 
rolling -moment parameter F4 taken from figure 5(b) also are shown in 
this figure. 

With the positions of the vortices with respect to the trailing 
wing determined, the roll-influence function for the independent planar 
components of this wing was computed from reference 25* This influence 
function is shown in figure l4 and is compared there with the roll- 
influence functions given in equation (10). From this comparison, it 
can be seen that the roll-influence function determined for m equal 
to 4 in equation (10) most nearly approximates the roll-influence 
function for the trailing wing at small angles of attack. An examina- 
tion of figure 13 shows, however, that as the angle of attack increases, 
the vortices which originate from the forward control surfaces are 
clustered about the upper vertical component of the trailing wing. The 
proximity of the vortices to this upper panel requires, therefore, that 
the roll-influence function for this panel be known fairly accurately, 
and the approximation given by equation (10) with m equal to 4, which 
was satisfactory at the lower angles of attack, is probably no longer 
satisfactory. In line with the same reasoning, it should be noted that, 
since the vortices in figure 13 are remotely situated with respect to 
the lower panel of the vertical wing component, the exact roll-influence 
function for the lower panel at large angles of attack is of secondary 
importance in comparison to that for the upper panel. Furthermore, with 
reference to sketch (a), it can be seen that the Mach wave from the tip 
of the upper wing panel approaches the wing tip as the model angle of 
attack increases. Another effect of increasing the angle of attack of 
the model, therefore, is to increase the spanwise loading near the tip of 
the upper panel of the vertical wing component. A precise determination 
of the roll-influence function in the vicinity of the tip of the upper 
panel was not carried out. This function was estimated to vary with 
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angle of attack of the model in such a manner as to permit the influence 
function for the complete wing to he represented at low angles of 
attack by equation (lO) with m equal to k, and at large angles of 
attack hy the same equation with m equal to infinity. 



In accordance with these considerations, the rolling moment 
contributed by each of the four vortices external to the body in 
figure 13 was determined from equation (l4) by evaluating the rolling- 
moment parameter F m from charts 5(a) and 5(h). The results are shown 
in figure 11. The experimental values are close to the predicted values 
based on the rolling -moment parameter F 4 at lower angles of attack. 

As the angle of attack increases, the rolling moment is more nearly 
predicted by the curve based upon the assumption that the planar 
components of the trailing wing can be represented by high-aspect-ratio 
rectangular wings placed at right angles to one another. Thus, the 
approximations seem to be justified by the experimental results to an 
angle of attack of about 12°. As the angle of attack increases above 
12°, the agreement deteriorates. The failure of the calculations to 
predict the rolling moment at angles of attack greater than about 12° 
is believed to result from the formation of additional vortices caused 
by viscous separation of the crossflow about the body downstream of the 
forward control fins. In contrast to missile A, the possibility of 
viscous separation of the body crossflow is an important consideration 
for this missile at large angles of attack for two reasons: 
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1. The major portion of the lift is contributed by the trailing 
wing; consequently, the downwash from the forward lifting surfaces is 
not sufficient to suppress completely the effects of viscosity in the 
crossflow about the body downstream of the forward control fins. 

2. The distance between the control-fin trailing edges and the 
trailing wing is large, and, therefore, an appreciable portion of the 
lift of the missile at large angles of attack is contributed by this 
part of the body. 


It is recalled that in the graphical constructions, the induced 
effects of the body on the paths of the vortices downstream of the 
control fins were computed by assuming that the crossflow about the body 
could be represented by the two-dimensional, inviscid flow about an 
infinite circular cylinder. For this particular missile, however, it is 
probable that the crossflow about the body changes progressively with 
angle of attack of the missile in the manner shown schematically in 
sketch (b) . 


Type 1 


Type 2 Type 3 


Type If 


> 

a increasing 



Inviscid flow 
around a circu- 
lar cylinder 



Two symmetrical Two asymmetrical 

body vortices body vortices 



Karman vortex 
street 


Sketch (b). 


The flow about inclined bodies of revolution is discussed at some 
length in references 15 and 1 6, wherein the effects of viscous separa- 
tion of the flow about such bodies are shown to be significant. In 
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many cases during the investigations reported in reference 16, flows of 
the type indicated in the accompanying sketch were observed by means of 
water-tank and vapor-screen techniques. Neither the body angles of 
attack to which each of these flows might correspond for the present 
missile nor the locations of the body vortices and their strengths can 
be determined at the present time. It is known, however, that the 
strengths of these vortices, in flows involving two body vortices, 
increase with increasing distance downstream. Rough estimates at 16 
angle of attack of the strengths of the vortices which could originate 
from the body of missile B indicated that in the vicinity of the trail- 
ing wing, they could be of the same order of magnitude as those which 
originate from the forward control fins. 

For angles of attack between 0° and about 1^°, it is believed that 
the crossflow about the body of the missile is of the type characterized 
by 1 and 2 in sketch (b) . The symmetrical pair of vortices do not con- 
tribute to the rolling moment, of course, but will have a small effect 
upon the paths of the vortices that originate at the forward control 
fins. There are strong indications, however, that the flow is of 
type 3 for higher angles of attack and that the major portion of the 
rolling moment in this range is contributed by the asymmetrical body 
vortices. The formation of a vortex street within the angle -of -attack 
range for which rolling -moment data for this missile were available 
seems unlikely since the results of reference l6 indicate that, in 
general, this transition takes place at considerably higher angles of 
attack. Furthermore, the formation of a vortex street probably would 
be accompanied by erratic unsteady rolling moments (of the type dis- 
cussed in ref. 26) which were not noted in the results presented in 
reference 22. If the location and strengths of the body vortices could 
be determined, they could be included in the graphical constructions 
carried out in the present analysis to determine the downwash structure 
in the region of the trailing wing; and, more accurate estimates of the 
rolling moment at large angles of attack could be made. Further 
research on this phase of the problem is required, however. 


MISSILE C 


Missile C (with the tail in the aft position) is identical to the 
model described in reference 10 and differs from missile A only in that 
the forward wing panels are reversed about the hinge line. The experi- 
mental values of the induced rolling moments presented in figure 15 were 
obtained in the Ames 6- by 6-foot supersonic wind tunnel. The model 
conditions for which these rolling moments were measured are shown in 
the sketch included in the figure. These rolling moments were obtained 
from measurements with the tail in place by subtracting from these 
values the rolling moment on the model with the tail removed. 
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Initial computations of the induced rolling moments for this model 
were performed in exactly the same manner as for the two missiles pre- 
viously discussed. The cruciform forward wing was treated as two inde- 
pendent, planar wing -body combinations, having a lift (or side force) 
given by linear theory with suitable corrections for wing-body inter- 
ference obtained from slender-body theory. The vortex centers of 
gravity were considered to be at 0.8 of the panel spans. Diametrically 
opposed vortices again were considered to be of equal strength. Graph- 
ical computations of the vortex motions were carried out at 4° intervals 
in angle of attack, and the rolling moment contributed by the tail in 
the aft position was computed from equation (l4). The results of these 
computations are shown by the broken line in figure 15 . The computed 
values, in general, predict the variation of the experimental rolling 
moments with angle of attack; however, the magnitude is not predicted. 
From this result, it was considered advisable to investigate the 
division of the loading on the forward wing panels to ascertain, insofar 
as possible, the effect of sideslip angle upon the vertical component of 
the cruciform wing (see footnote 1, p. 6). 

In figures 16(a) and 16(b) are shown the measured loads for one of 
the triangular-wing panels of missile C mounted on the body in the 
presence and absence of the other three panels of the cruciform wing. 
Examination of these results indicates that throughout most of the 
range of angles of attack and angles of sideslip investigated, the 
total lift of an isolated panel is not changed significantly by the 
presence of the other three panels. Computed values of the total lift 
on each panel are shown by the solid lines in figure l6 and were calcu- 
lated by the method proposed in reference 10. The lift on a panel is 
obtained as the lift on one half of the planar wing formed by joining 
the panel to the diametrically opposed panel of the cruciform configu- 
ration and by making corrections for wing-body interference dependent 
upon wing-span-body-diameter ratio in accordance with slender-body 
theory. This calculation applied to the triangular panels of missile C 
results in the panel loadings being markedly influenced by the sideslip 
angle. Computations of the panel lifts by this procedure are in good 
agreement with the experimental results. 

On the basis of the previously discussed independency of the panel 
lifts on the forward wing of missile C, it is assumed (in accordance 
with eq. (l)) that this independence applies also to the discharged 
vorticity from opposing panels of the wing. Accordingly, computations 
of the tail rolling moments were performed for the theoretical values 
of the lifts on panels 2 and 4 (shown in figure 16 (a)) related to the 
vortex strengths discharged from these panels by means of equation (l). 
The strengths of the vortices discharged from the horizontal components 
of the wing remained unchanged from the values used in the previous 
computations. The locations of the vortex centers of gravity also 
remained unchanged at the 0.8 -panel -span position. The paths of these 
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vortices trailing downstream of the wing at 12° angle of attack are 
shown in figure 17 . The location of the vortex cores in the crossflow 
plane at the center of pressure of the tail (aft position) and portion 
of the body in combination with the tail are shown in figure l8 for 
4° increments in angle of attack. Again, a few of the lines of constant 
rolling -moment parameter Fi (eq. (l4)) obtained from figure 5(3-) are 
presented in this figure. In figure 15, computed rolling moments are 
shown for both interdigitated and in-line tails at two positions behind 
the wing. The results appear to indicate that this modified computation 
more nearly agrees with the experimental values than the previous compu- 
tation which assumed that vortices of equal strength are discharged 
from opposing panels of the wing in accordance with linear theory. The 
reasons for the discrepancy between theory and experiment at angles of 
attack between 1C° and 18° for the interdigitated tail in the aft posi- 
tion (see fig. 15 (b)) are believed to be the same as those discussed for 
missile A with the tail in the same position. 


MISSILE D 


Experimental data on the induced-rolling-moment characteristics of 
missile D at 1.72 Mach number were obtained from tests conducted in the 
bomb tunnel at Aberdeen Proving Ground, Maryland, as reported in refer- 
ence 27. The experimental results given in figure 71 of that report 
are typical of the nonlinear variations of rolling moment with angle of 
attack which are considered in this report. 

Measured values of the rolling moments for this missile caused by 
wing-tail interference, for the condition in which the vertical com- 
ponents of the forward control fins are deflected 10° with respect to 
the body center line, are shown in figure 19 • These values were obtained 
from figure 71 of reference 27 by subtracting the rolling moments 
measured with the forward wings undeflected from those measured with the 
vertical components of the forward control fins deflected 10°. Unfortu- 
nately, the data in reference 27 are incomplete in that the rolling 
moments on tne model with the trailing wing removed are not presented. 

The rolling moment contributed by the forward control fins is believed, 
however, to be small, and their contribution to the rolling moment has 
been neglected in the present analysis. 

Upon consideration of the aspect ratio of the trailing wing and the 
Mach number, it was concluded that the rolling moment probably would be 
most accurately predicted by equation (l6) . To determine in equa- 

tion (l6) from the chart in figure 6, the forward control surfaces and 
the body were replaced by the simplified vortex system shown in figure 1. 
The strengths of these vortices were computed from equation (l) by deter- 
mining the division of lift on the forward control fins in a similar 
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manner to that of the modified computation performed for missile C. In 
the crossflow plane at the trailing edge of the forward control fins, 
the spanwise positions of the vortex-sheet centers of gravity were 
estimated to he at 0.8 of the exposed maximum semispan of each panel. 
Because of the sweep angle of these fins, however, progressive rolling 
up of the vortex sheet ahead of the control-fin trailing edge was 
believed to exert some influence on the positions of the vortex- sheet 
centers of gravity normal to the fin chord planes. As a rough approxi- 
mation of this displacement, the vortices were assumed to leave the wing 
at the hinge line of each panel. (Subsequent computations, in which the 
trailing vortices were assumed to originate on the control surface trail- 
ing edge, produced essentially the same results as shown in figure 19*) 
The paths of the vortices external to the body and of the image vortices 
at 12° angle of attack are shown in figure 20. Similar graphical con- 
structions were completed at 4° increments in angle of attack. In 
figure 21, the locations of the vortex cores with respect to the trail- 
ing wing are shown for these angles of attack, and lines of constant 
rolling -moment parameter F^ taken from figure 6 also are shown. In 
these graphical constructions, the body behind the control-fin trailing 
edges (see fig. 20) was assumed to be of constant diameter equal to the 
diameter of the cylindrical portion of the body in the vicinity of the 
trailing wing. 

As stated previously, the rolling moment contributed by each of the 
four vortices external to the body was computed by use of equation (l6). 
The results presented in figure 19 indicate that the analytical computa- 
tions agree fairly well with the experimental results for angles of 
attack between 0° and about 14°. For larger values of angle of attack, 
the discrepancy between theory and experiment is believed to be caused 
by viscous separation of the crossflow about the body downstream of the 
forward control fins. This effect was discussed in connection with the 
experimental and analytical results for missile B. It is interesting 
to note the correspondence between the rolling moments, at large angles 
of attack, for missiles B and D and two similarities in their design; 
namely, 


1. Both are canard arrangements in which the ratio of the body 
diameter to the span of the forward wing is relatively large. 

2. In each case, the distance between the forward wing and the 
trailing wing is large. 

Because of these similarities, the effects of the body crossflow 
mentioned previously in the discussion of the results for missile B 
are considered to apply as well for missile D. 
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CONCLUDING REMARKS 


The analytical portions of this report relate the aerodynamic and 
geometric considerations involved in determining wing-tail-interference 
effects for missiles. Although particular attention is focused upon 
the induced rolling-moment problem, the induced lift and its resultant 
effect upon the longitudinal stability of missiles could be handled in 
an analogous manner. 

Although the method used in this report involves a number of 
assumptions, it succeeds in estimating the induced-roll effects for a 
number of missile configurations with surprising accuracy. Undoubtedly, 
the precision with which these effects can be estimated will improve 
with a more complete understanding of the manner in which vorticity is 
discharged from the forward lifting elements of tandem-wing airframes. 

In any event, the roll-influence charts provided in the report should be 
useful in quickly estimating the rolling moment contributed by any 
vortex system once it has been established. 


Ames Aeronautical Laboratory 

National Advisory Committee 
Moffett Field, Calif., 


for Aeronautics 
Aug. 18, 1953 
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APPENDIX A 

DETAILS OF THE GRAPHICAL PROCEDURE 


In order to explain the manner in which the charts in figure 2 are 
used in determining the paths of the vortices downstream of the simpli- 
fied model of the lifting cruciform wing-body combination, each step in 
the procedure is itemized as follows: 

1. The circular cross section of the body of the missile is drawn 
on tracing paper and scaled to fit exactly the diameter of the half 
circle shown in figure 2(b). It should be noted that the chart sizes 
shown in figure 2 are not large enough to give sufficient accuracy for 
most purposes. A circle diameter of approximately 5 inches has been 
found to be convenient. 

2. The locations of the vortices at the wing trailing edges are 
determined in accordance with the assumptions involved in constructing 
the simplified model which were discussed within the body of the report. 
The direction of rotation and the value of the strength parameter B 
(see eq. ( 4 )) are noted beside each vortex. 

3. The positions of the image vortices are determined from chart I 
in figure 2(a) which is a plot of the relationship given in equation (5). 
The value of B for each of the image vortices is the same as for its 
companion vortex outside the body; however, the direction of rotation 

is reversed. 

4 . With the position of the vortices in the crossflow plane at 
the wing trailing edge noted, a step-by-step procedure is begun to 
determine the deflection of each vortex in the time interval, t, caused 
by the presence of the remaining seven vortices and the body crossflow. 
For vortex number 1 the crossflow direction and crossflow factor, k, are 
determined from chart II in figure 2(b). With this value of k, the 
deflection distance is picked from chart III in figure 2(a) for the 
appropriate value of the crossflow parameter Z-^/Kd sin a. 

5* With chart IV of figure 2(a) as the underlay, the center of 
vortex number 2 is placed at the origin with vortex number 1 on the 
horizontal axis. The deflection distance corresponding to the value 
of B for vortex number 2 is determined from the lines of constant 
values of the strength parameter B shown in chart TV. This vector, 
then, is added to the crossflow vector determined in step 4 . This 
process is repeated for the influence of vortices 3 and 4 and the four 
image vortices on the position of vortex 1. The end point of the last 
vector determines the new position of vortex 1 at the end of the first 
time interval. 
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6. The foregoing steps are repeated for each of the vortices in 
the flow field external to the body in order to find the position of 
these vortices at the end of the first interval. The locations of the 
image vortices within the body at the end of this time interval are 
determined from the new positions of the vortices external to the body 
by using chart I as an underlay. 

7. With the positions of the vortices at the end of the first 
interval determined, an identical procedure is carried out to find the 
positions of the vortices at the end of the second and succeeding 
intervals until the vortex positions are found at the end of the tenth 
interval, corresponding to the position downstream of the wing at which 
the structure of the downwash field is desired. 

8. With the orientation of the vortices with respect to the trail- 
ing wing approximated in accordance with the foregoing procedure and 
subject, of course, to the consideration that this wing is one of the 
types for which equations (l4), (l6), and (17) vere derived, the induced 
rolling moment can be computed by appropriately choosing between these 
equations. 
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APPENDIX B 

ROLLING MOMENT OF A SLENDER TRIANGULAR WING (CRUCIFORM) 
IN THE PRESENCE OF AN INFINITE LINE VORTEX 
General Considerations 


The linearized partial differential equation for the perturbation 
velocity potential cp 1 in subsonic or supersonic flow is 

(l - Mo 2 ) cp'xx + 9 f yy + ^zz = 0 (Pi) 

where the free stream is directed parallel to the positive x axis (see 
sketch (c)). The present analysis is concerned with the determination 
of the 



rolling moment on the basis of the slender -wing approximation which 
reduces equation (Bl) to the Laplace equation in two dimensions. The 
problem will be treated by well-known methods of slender-wing theory as 
introduced by Jones (ref. 28 ) and extended by others. 

The problem is solved by finding a solution to Laplace’s equation 

cp’yy -f cp T zz = 0 (BP) 

which satisfies the following boundary conditions: 

1. Perturbation velocities vanish at infinity. 
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2. The velocity potential is continuous at all points in space, 
except across the wing surfaces. 

3 . The velocity components 9y' and. *Pz* are continuous every- 
where in space . 

4. At all points which are to represent the surface of the wing, 
the normal components of velocity are specified. 

By use of methods of classical hydrodynamics and, in particular, the 
methods of conformal transformation, a potential function that satisfies 
the boundary conditions stated above can be found from which the rolling 
moments induced by an infinite line vortex on a slender cruciform wing 
can be determined. 


Theoretical Analysis 


An equation which transforms the region outside a rotationally 
symmetric cross in the X plane into the region outside a circle of 
radius si in the a plane (see sketch (d)) was obtained in refer- 
ence 2 as 


2X 2 = a 2 



(B3) 


iz 



Sl 



-isi 
(a) X plane 


Sketch (d) . 


(b) a plane 
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This equation transforms the circumference of the circle (a = s x ei^) in 
the a plane into the cross of width 2s x , in the X plane as is shown 
in the sketch. 

If a two-dimensional vortex of strength T is located at the point 
(cr 0 - Poe^®°) outside the circle in the 0 plane, the image system 
inside the circle consists of a vortex of strength -T at the inverse 

point (c x = sx 2 /a 0 where 5 0 = P o e -i0 °) and a vortex of strength T 
located at the center of the circle (see ref. 29, p. 326). The flow in 
the a plane may be transformed to the X plane by means of equa- 
tion (B3) and results in a two-dimensional flow about a cruciform lamina 
in the presence of a single external vortex. In the circle plane the 
complex potential for the vortex in the presence of the circle is 


$ = — log (a - a 0 ) - log (a - ax ) + — log 0 (b4) 

2n 2 it 2it 

where 


0 = sie^® 

(s x 

is 

in 

terms 

of 

the 

semi span 

St) 

<*o = p o el0 ° 

( p o 

is 

in 

terms 

of 

the 

semi span 

St) 


tfi = (s;l 2 /P 0 )e 10 ° 

From equation (B4) and the transformation equation (B3), a two- 
dimensional velocity potential which satisfies the boundary conditions 
for the flow in the X plane may be obtained from which the loading 3 
on the cruciform wing may be written as 



where C P T is the velocity potential in the plane of the cross. The 
expression for the pressure coefficient given in equation (B5) may be 
integrated over half of the slender cruciform wing in the z = 0 plane 
to obtain the rolling moment on one panel as 


L t T = - P 0 V 0 f 
o 


/t 


TE 


LE 


(&-) 


dx y dy 


= - °o v o / 0 1 ( a< C'te' ^'le ) 7 ay 


(B6) 


3 Squared terms in the expression for the pressure coefficient are dis- 
regarded throughout this analysis. 
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where the subscripts refer to the trailing and leading edges of the 
wing. Equation (B6) may he transformed by means of equation (B3) to 
give the rolling moment in the a plane as 


it /4 

Lt* = P 0 V 0 Si 2 / (9TE - c PlE) sin 20 d0 

-It /4 


(B7) 


From equation (B4), the velocity potential in the plane of the circle is 



/ sx sin 0-Po sin 0o 
\Sx cos 0-P o cos 


+ tan 


si sin 0- (l/P 0 )sin 0 O 1 
si cos 0-(l/P o )cos 0 O _ 


-0 


} 


(b8) 


The total rolling moment on the cruciform wing may be determined from 
equations (B7) and (b 8) and may be expressed as 


Lt* 


PqVq r s t 2 

2it 


f b 


(B9) 


where 



lt/4 

Fb = / 9 sin 20d0 

-It/4 


3Jt/4 5 lt/4 

- / cp sin 20d0 + / 

lt/4 3 It/ 4 


cp sin 20d0 


Ylt/4 

- J cp sin 20d0 

5 lt/4 


The rolling moment given in equation (B9) may be related to the simple 
fied model of the lifting, cruciform wing-body combination develope 
within the body of the report by substituting for P from equation (12). 
SS ms subSi?ution, the expression for the rolling-moment coefficient 

iS C U = £ fb (bio) 


The integrals in the parameter F B have been equated J°^ arious 
positions of a line vortex in the a plane and transform eter 

X plane In figure 8, a chart showing constant values of the parameter 
L is given! F^ this chart, the rolling-moment coefficient (given in 
eq (BIO)) for slender, cruciform wings of triangular plan form induced 
bv*one or more line vortices may be determined. From symmetry, the 
rolling moment contributed by vortices located in other quadrants wi 
respect to the wing also can be determined from this chart. 
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TABLE I.- 


TABULATED VALUES OF THE PARAMETERS NECESSARY TO REPRODUCE THE CHARTS IN FIGURE 2(a) 


UJ 


(a) Chart I 


(b) Chart III 


f 

d 

e 

d 

0.5 

0.5000 

.6 

.4160 

.8 

.3125 

1.0 

.2500 

1.2 

.2083 

1.4 

.1786 

1.6 

.1563 

1.8 

.1389 

2.0 

.1250 

2.2 

.1136 

2.4 

.1042 

2.6 

.0962 

2.8 

.0893 

3.0 

.0833 

3.2 

.0781 

3.4 

.0735 

3.6 

.0694 

3.8 

.0658 

4.0 

.0625 

4.2 

.0595 

4.4 

.0568 

4.6 

.0543 

4.8 

.0521 

5.0 

.0500 



hcF 

d 

k 

D = 0.1 

D = 0.5 

D = 1.0 

LT\ 

• 

1 \ 

II 

P 

0.6 

0.06 

0.30 

0.60 

0.90 

.7 

.07 

.35 

.70 

1.05 

.8 

.08 

.40 

.80 

1.20 

.9 

.09 

.45 

.90 

1.35 

1.0 

.10 

.50 

1.00 

1.50 

1.1 

.11 

.55 

1.10 

1.65 

1.2 

.12 

.60 

1.20 

1.80 

1.3 

.13 

.65 

1.30 

1.95 

1.4 

.14 

.70 

1.40 

2.10 

1.5 

.15 

.75 

1.50 

2.25 

1.6 

.16 

.80 

1.60 

2.40 

1.7 

.17 

.85 

1.70 

2.55 

1.8 

.18 

.90 

1.80 

2.70 

1.9 

.19 

.95 

1.90 

2.85 

2.0 

.20 

1.00 

2.00 

3.00 


Where: 


D = — sin a 
Kd 
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TABLE I.- TABULATED VALUES OF THE PARAMETERS NECESSARY TO REPRODUCE THE CHARTS IN FIGURE 2(a) 

Concluded 

(c) Chart IV 


r 1 

& 





"-j- 

1 n 
d 


B=0.02 

B=0 . 04 

B=0.06 

B=0 . 08 

B=0.10 

B=0.12 

B=0.l4 

B=0.l6 

B=0.l8 

B=0.20 

B=0.22 

B=0.24 

0.5 

1.0 

1.5 
2.0 

2.5 

3.0 

3.5 

4.0 

4.5 

5.0 
5-5 

6.0 

o.o4oo 

.0200 

.0130 

.0100 

.0080 

.0070 

.0060 

.0050 

.0045 

.oo4o 

.0035 

.0030 

0.080 
.o4o 
.027 
.020 
.016 
.013 
.011 
.010 
.009 
.008 
.00 75 
.0070 

0.120 

.060 

.040 

.030 

.024 

.020 

.017 

.015 

.013 

.012 

.011 

.010 

0.160 

.080 

.053 

.o4o 

.032 

.027 

.023 

.020 

.018 

.016 

.015 

.013 

0.200 

.100 

.067 

.050 

.040 

.033 

.029 

.025 

.022 

.020 

.018 

.017 

0.240 

.120 

.080 

.060 

.048 

.040 

.034 

.030 

.027 

.024 

.022 

.020 

0.280 

.i4o 

.093 

.010 

.056 

.047 

.040 

.035 

.031 

.028 

.025 

.023 

0.320 

.160 

.101 

.080 

.064 

.053 

.046 

.040 

.036 

.032 

.029 

.027 

O.36O 

.180 

.120 

.090 

.072 

.060 

.051 

.045 

.040 

.036 

.033 

.030 

0.400 

.200 

.133 

.100 

.080 

.067 

.057 

.050 

.044 

.040 

.036 

.033 

0.440 

.220 

.147 

.110 

.088 

.073 

.063 

.055 

.049 

.044 

.040 

.037 

o.48o 

.240 

.160 

.120 

.096 

.080 

.069 

.060 

.053 

.048 

.044 

.040 



u> 

—3 
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TABLE II.- TABULATED VALUES OF THE PARAMETERS NECESSARY TO REPRODUCE 

CHART II IN FIGURE 2(b) 

(a) Streamlines 


pT- 

z’ y* 

d d 

z’ y* 

d d 

z* y* 

d d 

z» y> 

d d 

z f y* 

d d 

z* y* 

d d 

o 0.5500 

.0480 .5481 

.0957 .5424 

.1429 .5331 
.1893 .5200 

.2348 .5034 

.2791 .4834 
.3222 .4601 
.3640 .4337 

.4045 .4045 

.4441 .3727 

.4834 .3385 

.5235 .3023 
.5670 .2644 
.6190 .2253 
.6929 .1857 
.8326 .1468 
1.2843 .1124 

0 0.6000 
.0524 .5980 

.1045 .5925 
.1563 .5835 
.2076 .5705 

.2684 .5540 

.3085 .5345 
.3581 .5115 
.4074 .4855 
.4569 .4570 
.5076 .4260 

.5609 .3930 

.6200 .3580 
.6906 .3220 
.7850 .2855 
.9340 .2505 
1.2359 .2180 
2.2078 .1930 

0 0.7000 

.0611 .6982 
.1222 .6928 
.1833 .6840 
.2444 .6716 

.3059 .6560 

.3679 .6372 
.4310 .6155 
.4960 .5911 

.5644 .5644 

.6384 .5357 

.7220 .5056 
.8220 .4746 

.9512 .4436 

1.1363 .4136 
1.4414 .3862 
2.0634 .3637 
3.9810 .3483 

0 0.8000 

.0685 .7983 

.1399 .7932 

.2103 .7848 

.2814 .7731 

.3536 .7583 

.4277 .7407 

.5044 .7204 

.5855 .6978 

.6732 .6732 

.7712 .6472 

.8856 .6202 
1.0270 .5929 

1.2146 .5664 

1.4878 .5415 
1.9397 .5197 

2.8498 .5025 
5.6160 .4914 

0 0.9000 

.0986 .8984 

.1576 .8936 

.2373 .8856 
.3184 .8746 

.4014 .8608 

.4875 .8443 

.5780 .8255 

.6751 .8046 

.7821 .7821 
.9039 .7585 
1.0486 .7343 

1.2^02 .7103 

1.4737 .6872 
1.8886 .6661 
2.4l86 .6481 
3.5962 .6341 

0 1.0000 
.0874 .9985 

.1753 .9940 

.2643 .9865 
.3553 .9762 

.4492 .9632 
.5473 .9479 
.6514 .9303 

.7645 .9111 

.8904 .8904 

1.0355 .8689 
1.2098 .8471 
1.4302 .8257 

1.7273 .8055 
2.1627 .7872 
2.8801 .7717 
4.3096 .7599 

0 1.1000 
.0961 1.0986 
.1930 1.0943 
.2914 1.0873 
.3922 1.0776 
.4969 1.0655 
.6069 1.0511 
.7246 1.0349 
.8534 1.0170 
.9980 .9980 

1.1659 -9783 
1.3689 .9586 
1.6269 -9393 
1.9756 .9212 
2.4866 .9051 
3.3272 .8915 

4.9980 .8813 

0 1.2000 
.1049 1.1987 
.2107 1.1946 
.3133 1.1880 
.4292 1.1792 
.5445 1.1676 
.6664 1.1541 
.7975 1.1390 
.9418 1.1224 
1.1048 1.1048 
1.2951 1.0868 
1.5262 1.0687 
1.8206 1.0512 
2.2192 1.0349 
2.8034 1.0204 
3.7630 1.0083 

0 1.3000 

.1137 1.2987 
.2284 1.2950 
.3453 1.2887 
.4660 1.2802 
.5920 1.2695 
.7257 1.2569 
.8702 1.2427 
1.0298 1.2273 
1.2109 1.2109 
1.4232 1.1942 
1.6817 1.1776 
2.0118 1.1615 
2.4590 1.1467 
3.1143 1.1335 
4.1896 1.1226 

0 1.4000 

.1224 1.3988 
.2460 1.3953 
.3723 1.3894 
.5028 1.3813 
.6394 1.3712 
.7849 1.3594 
.9426 1.3461 
1.1174 1.3316 
1.3164 1.3164 
1.5503 1.3009 
1.8358 1.2854 
2.2008 1.2707 
2.6956 1.2570 
3.4204 1.2449 
4.6091 1.2350 

0 1.5000 

.1312 1.4989 
.2637 1.4955 
.3992 1.4899 
.5395 1.4823 
.6868 1.4728 
.8439 1.4617 
1.0147 1.4491 
1.2046 1.4355 
1.4213 1.4213 
1.6765 1.4068 
1.9886 1.3924 
2.3877 1.3787 
2.9295 1.3661 
3.7226 1.3549 
5.0225 1.3458 

0 1.6000 

.1399 1.5989 
.2814 1.5957 
.4262 1.5904 
.5763 1.5832 
.7341 1.57^2 
.9028 1.5637 
1.0866 1.5519 
1.2915 1.5391 
1.5257 1.5257 
1.8020 1.5121 
2.1403 1.4987 
2.5735 1.4858 
3.1611 1.4741 
4.0216 1.4638 

0 1.7000 

.1487 1.6990 
.2991 1.6960 
.4531 1.6909 
.6130 1.6840 
.7813 1.6768 
.9619 1.6655 
1.1584 1.6544 
1.3781 1.6423 
1.6297 1.6297 
1.9269 1.6169 

2.2911 1.6092 
2.7578 1.5922 
3.3909 1.5812 
4.3219 1.5731 

0 1.8000 

.1574 1.7990 
.3167 1.7961 
.4800 1.7913 
.6496 1.7848 
.8285 1.7767 
1.0203 1.7672 
1.2300 1.7567 
1.4644 1.7452 
1.7332 1.7332 
2.0512 1.7212 
2.4411 1.7093 
2.4409 I.698O 
3.6196 1.6876 
4.6117 1.6786 

0 1.9000 

.1662 1.8991 
.3344 1.8963 
.5069 1.8918 
.6863 1.8855 
.8757 1.8778 
1.0790 1.8688 
1.3015 1.8587 
1.5505 1.8478 

1.8365 1.8365 
2.1750 1.8250 
2.5885 1.8125 

3.1231 1.8031 
3.8458 1.7933 
4.4035 1.7848 

0 2.0000 
.1749 1.9991 
.3521 1.9965 
.5338 1.9921 
.7229 1.9862 | 
.9228 1.9788 
1.1375 1.9702 
1.3728 1.9606 
1.6365 1.9502 
1.9395 1.9395 
2.2984 1.9286 
2.7390 1.9179 
3.3044 1.9078 
4.0714 1.8986 

0 2.1000 
.1837 2.0991 
.3647 2.0966 
.5607 2.0925 
.7595 2.0867 
.9698 2.0797 
1.1960 2.0715 
1.4441 2.0623 
1.7223 2.0525 
2.0422 2.0422 
2.4214 2.0318 
2.8872 2.0217 
3.4850 2.0121 
4.2960 2.0033 

0 2.2000 
.1924 2.1992 
.3874 2.1967 
.5876 2.1928 
.7961 2.1873 
1.0168 2.1806 
1.2544 2.1727 
1.5152 2.1639 
1.8079 2.1545 
2.1447 2.1447 
2.5441 2.1348 
3.0349 2.1251 
3.6649 2.1159 
4.5197 2.1076 

0 2.3000 
.2012 2.2992 

.4050 2.2969 
.6145 2.2931 
.8327 2.2878 
1.0638 2.2813 
1.3128 2.2738 

1.5863 2.2654 
1.8933 2.2564 
2.2469 2.2469 
2.6665 2.2375 
3.1822 2.2282 
3.8443 2.2195 
4.7426 2.2115 

0 2.4000 

.2099 2.3992 
.4227 2.3970 
.6413 2.3934 

.8693 2.3883 
1.1108 2.3821 
1.3711 2.3748 
1.6572 2.3668 
1.9787 2.3581 
2.3490 2.3490 

2.7887 2.3400 
3.3292 2.3311 
4.0232 2.3228 
4.9648 2.3152 

0 2.5000 

.2187 2.4993 
.4403 2.4971 
.6682 2.4936 
.9058 2.4887 
1.1578 2.4828 
1.4294 2.4758 
1.7281 2.4680 
2.0640 2.4597 
2.4510 2.4510 
2.9106 2.4423 
3.4758 2.4338 
4.2016 2.4258 


0 2.6000 
.2274 2.5993 
.4580 2.5972 
.6950 2.5938 
.9424 2.5892 
1.2047 2.5834 
1.4876 2.5766 
1.7990 2.5692 
2.1491 2.5612 
2.5528 2.5528 
3.0324 2.5445 
3.6222 2.5363 
4.3796 2.5286 

0 2.7000 

.2362 2.6994 
.4756 2.6973 
.7219 2.6941 
.9789 2.6895 
1.2516 2.6840 
1.5459 2.6775 
1.8698 2.6702 
2.2342 2.6626 
2.6545 2.6545 
3.1539 2.6465 
3.7683 2.6386 
4.5573 2.6312 

0 2.8000 

.2449 2.7994 
.4933 2.7974 
.7487 2.7942 
1.0154 2.7899 
1.2984 2.7845 
1.6040 2.7782 
1.9405 2.7713 
2.3191 2.7638 
2.7561 2.7561 
3.2753 2.7483 
3.9142 2.7408 
4.7347 2.7336 

0 2.9000 

.2537 2.8994 
.5109 2.8975 
.7756 2.8944 
I.0520 2.8902 
1.3453 2.8850 
1.6622 2.8790 
2.0112 2.8722 
2.4041 2.8651 
2.8576 2.8576 
3.3965 2.8501 
4.0598 2.8428 

0 3.0000 

.2625 2.9994 
.5286 2.9975 
.8024 2.9946 
1.0885 2.9905 
1.3922 2.9855 
1.7203 2.9796 
2.0818 2.9731 
2.4889 2.9662 
2.9589 2.9564 
3.5176 2.9517 

4.2053 2.9446 
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TABLE II.- TABULATED VALUES OF THE PARAMETERS NECESSARY TO REPRODUCE 
CHART II IN FIGURE 2(b) - Concluded 

(b) Lines of Constant Velocity Ratio (k) 


k 51 

d a 

k - £- 

d d 

k ll Xl 

d d 

r k ^ zl 

d d 

k il Zl 

d d 

0.200 0.5075 0.0511 

O.850 0.6117 0.3404 

1.000 0.9186 0.8478 

1.100 0.5891 1.0455 

1.400 0.3506 0.4558 

.5176 .0501 

.7044 .3793 

1.0897 1.0308 

.5547 1.1757 

.3437 .4919 

.5279 .0469 

.8060 .4006 

1.2625 1.2120 

.4856 1.3131 

.3337 .5285 

.5385 .0409 

.9165 .4000 

1.4369 1.3912 

.3527 1.4580 

.3200 .5658 

.5492 .0301 

1.0363 .3691 

1.6105 1.5713 

.2272 1.5333 

.3017 .6038 


1.1653 .2865 

1.7854 1.7500 

.0158 1.5809 

.2775 .6427 

0.300 .5041 .0774 

1.2334 .2032 

1.9606 1.9285 


.2451 .6823 

.5191 .0786 


2.1360 2.1066 

1.150 .4480 .3991 

.2000 .7229 

.5450 .0741 

0.900 .5169 .3048 

2.3117 2.2845 

•4797 .5094 

.1284 .7643 

.5721 .0578 

.6355 .3983 

2.4875 2.4622 

•5004 .6242 

.0083 .7905 

.5889 .0358 

.8675 .4975 

2.6634 2.6399 

.5059 .7444 



1.0847 .5134 

2.8395 2.8174 

.4899 .8718 

1.500 .3297 .3825 

0.400 .5140 .1067 

1.2042 .4898 


.4420 1.0101 

.3286 .3900 

.5391 .1091 

1.33X3 .4332 

1.025 .5725 .4846 

•3373 1.1517 

.3246 .4127 

.5654 .1048 

1.4661 .3172 

.7155 .6987 

.2375 1.2273 

.3152 .4507 

.5928 .0930 

1.5364 .2051 

.8486 .9179 


.3020 .4894 

.6213 .0681 


.9650 1.1484 

1.200 .4085 .3298 

.2837 .5287 

.6390 .0370 

0.925 .5111 .3143 

.9834 1.3941 

.4165 .3592 

.2590 .5688 


.5850 .3845 

1.1192 1.6576 

.4307 .4178 

.2250 .6098 

O.500 .5073 .1354 

.7498 .4978 

1.1386 1.9407 

.4418 .4768 

.1756 .6518 

.5314 .1419 

.9375 .5755 

1.1000 2.2450 

•4493 .5368 

.0857 .6947 

.5566 .1443 

1.1486 .6089 

.9739 2.5718 

.4520 .5986 

.0106 .7069 

.5829 .1425 

1.3851 .5759 

.6796 2.9220 

.4498 .6616 


.6102 .1356 

1.5129 .5209 

.4384 3.O689 

.4406 .7270 

1.600 .3073 .4008 

.6385 .1220 

1.6472 .4204 


.4229 .7945 

.2950 .4l6l 

.6679 .0981 

1.7882 .2048 

1.050 .5580 .5012 

.3942 .8644 

.2860 .4403 

.6983 .0495 


.6782 .7349 

•3500 .9368 

.2665 .4812 


O.950 .5051 .3239 

.7704 .9844 

.2816 I.0117 

.2394 .5228 

0.600 .4990 .1634 

.6121 .4335 

.8178 1.2576 

.1627 I.O894 

.2008 .5654 

.5219 .1738 

.8124 .5831 

.7952 1.5589 

.0007 1.1180 

.1406 .6090 

.5705 .1859 

1.0401 .6934 

.7292 1.7545 


0 .6455 

.6229 .1858 

1.2966 .7543 

.6500 I.8915 

1.300 .3819 .3380 


.6791 .1698 

1.5837 .7446 

.5235 2.0337 

•3846 .3574 

1.700 .2590 .4335 

.7391 .1275 

1.9033 .6144 

.2853 2.1815 

.3896 .3881 

.2544 .4421 

.7705 .0833 

2.0405 .4963 


.3904 .4222 

.2382 .4679 


2.1828 .2748 

1.075 .4715 -3711 

•3913 .4549 

.2020 .5116 

0.700 .5103 .2052 


.5427 .5177 

.3906 .4880 

.1457 .5563 

.5555 .2267 

0.975 . 4989 . 3333 1 

.6045 .6668 

.3881 .5215 

.0869 .5836 

•6o4o .2403 

•5995 .4507 1 

.6379 .7702 

.3835 .5555 

.0108 .5974 

.6557 .2451 

.7822 .6230 

.6781 .9901 

.3766 .5905 


.7107 .2396 

.9820 .7735 

.6805 1.1077 

.3670 .6253 

1.800 .2106 .4590 

.7690 .2205 

1.1990 .9014 

.6322 1.3603 

.3542 .6611 

.2025 .4680 

.8307 .1804 

1.4342 1.0029 

.5680 1.4958 

•3375 .6977 

.1842 .4681 

.8956 .0888 

1.6890 1.0712 

.2210 1.7864 

.3160 .7350 

.1619 .5047 


1.9645 1.0970 


.2884 .7730 

.1336 .5233 

0.800 .5378 .2662 

2.2619 1.0648 

1.100 .4294 .3046 

.2521 .8118 

.0937 .542 0 

.6277 .3100 

2.5822 .9460 

.4411 .3286 

.2021 .8514 


.7280 .3318 

2.9261 .6620 

.4638 .3807 

.1216 .8918 

1.900 .1424 .4845 

.8389 .3261 

3.0704 .4274 

.5071 .4827 

.0210 .9123 

.1264 .4941 

.9605 .2784 


.5445 .5861 


.1073 .5037 

1.0400 .2102 

1.000 .4925 .3428 

.5742 .6931 

1.400 .3572 .3640 

.0829 .5134 


.5863 .4677 

•5937 .8047 

.3569 .3851 

.0451 .5231 

O.850 .5276 .2859 

— . — 11 

.7500 .6615 

.6000 .92271 

.3520 .4226 
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(a) Three-dimensional view showing wing and 
body and vortex filament arrangement. 




(b) Vortex positions in the plane 
of the wing trailing edge. 
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figure /.- Simplified model of a lifting cruciform-wing and body combination. 
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Chart H- Streamlines and 
lines of constant velocity 
ratio, k, in the body cross- 
flow plane. 



(b) Two-dimensional flow about an infinite circular cylinder. 

Figure 2.- Concluded. 
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AH dimensions in terms of the 
trailing wing semispan, 5 / 



Figure 3. - Geometric relations for obtaining the spanwise 
variation of the downwash angle on a cruciform wing 
of rectangular plan form . 
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Figure 4. - Roll influence functions for various values of m 

in equation ( 10). 
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Figure 5.- Charts for determining values of the rolling -moment parameter, F m , 
function of the vortex coordinates (y t , 2 f ) . 
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Figure 5.- Continued. 
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(C) F t 

Figure 5.~ Continued. 
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Figure 6.- Chart for determining values of the rolling- moment parameter , F A , as a 


function of the vortex coordinates (y,,z,) . 
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Figure 7.- Chart for determining values of the rot ting -moment parameter, 
as a function of the vortex coordinates (y t ,z,). 
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(a) Tail inline. 


Figure 8~ Calculated and experimental tail rolling moments at 
1.4 Mach number for Missile A. 


Rolling - moment coefficient, C< 
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Angle of attack , a, deg 



(b) Tail interdigitated. 
Figure 8. - Concluded. 



Missile un banked 

Vert I cal- wing components deflected 8° 


Vortices at 0.5 exposed semi span 
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Pertinent geometrical data obtained from reference !0 


Figure 9. - Vortex paths downstream of the control fins of missile A 

at 12° angle of attack. 
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Vertical coordinate of vortex, 
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Figure tO.- Relationship between the position of the vortex cores at various 
angles of attack and lines of constant rolling-moment parameter, F /t 
in the cross -flow plane at the center of pressure of the trailing wing of 
missile A at 1.4 Mach number. 
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Missile unbanked 




Figure II. - Calculated and experimental tail rolling moments for 
missile B at 1.7 Mach number. 


Missile unbanked. 
Vertical-wing components 
deflected 15 0 



Vortices at 0.9 exposed semi span 
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Path of image vortex 

'jl Pertinent geometrical data obtained from reference 22 

Potential cross-flow streamlines ~ -.naca.. 


Figure 12. -Vortex paths downstream of the control fins of missi/e B at I 2° angle of attack. 
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Vertical coordinate of vortex, 
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Figure 13. -Relationship between the position of the vortex cores at 
various angles of attack and lines of constant rolling -moment 
parameter, F 4 , in the cross- flow plane at the center of pressure 
of the trailing wing of missile B at 1.7 Mach number. 
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Figure 14. - Roll-influence function for missile B compared with 
approximate roll- influence functions shown in figure 4. 
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(a) Tail inline. 

Figure 15- Calculated and experimental tail rolling moments 
for missile C at 1.4 Mach number. 
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Angle of attack , a , deg 



(b) Tail interdigitated. 


Figure 15.- Concluded. 
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□ Pane! 4 , in presence of panels 1 , 2, 3 
a Panel 4 , " absence " " 1,2,3 

o Panel 2 , " presence •• " 1,3,4 

O Panel 2 , " absence " •• /, 3, 4 
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Body angle of attack , a , deg 


(a) Configuration unbanked with the vertical wing components 
deflected 8° with respect to the body center line. 

Figure 16- Individual panel normal-force coefficients for missile C 

at 1.4 Mach number. 
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(b) Configuration banked <5° with the panels undeflected 
with respect to the body centerline. 


Figure 16.- Concluded. 
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Vertical coordinate of vortex 
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Ft >gure 18.- Relationship between the position of the vortex cores at various 
angles of attack and lines of constant rolling-moment parameter, F t , 
in the cross-flow plane at the center of pressure of the trailing wing of 
missile C at 1.4 Mach number. 
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Missile unbanked 



Figure 19. - Calculated and experimental tail rolling moments for 
missile D at 1.72 Mach number. 
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Vertical coordinate of vortex 
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of the trailing wing of missile D at 1.72 Mach number. 
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